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A novel way of controlling compressible flow separation, using a dynamically deforming leading edge airfoil whose nose
curvature can be changed by 400 percent to keep the flow attached at post-stall angles of attack is reported. The strong fluid
acceleration around the airfoil nose and the resulting steep adverse pressure gradient were reduced by progressively rounding
the airfoil leading edge. Steady flow studies at M = 0.3 showed that the flow separating at about 14 deg angle of attack over a
NACA 0012 airfoil could be kept attached up to about 18 deg by increasing the nose radius. Also, a fully separated flow at
high angles could be made to reattach by rounding the leading edge. Interestingly, the flow over an airfoil having a nearly
semicircular nose was separated even at low angles. The research showed that a 'window' of angles of attack and airfoil
profiles exists in which it appears possible to keep the flow attached through a maneuver. The shape change also modified
the multiple shocks that form over the NACA 0012 airfoil at M = 0.45. Significant effects of shape change were observed on
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Abstract
A novel way of controlling compressible flow sep-
aration, using a dynamically deforming leading edge
airfoil whose nose curvature can be changed by 400%
to keep the flow attached at post-stall angles of attack
is reported. The strong fluid acceleration around the
airfoil nose and the resulting steep adverse pressure
gradient were reduced by progressively rounding the
airfoil leading edge. Steady flow studies at M — 0.3
showed that the flow separating at about 14 degrees
angle of attack over a NAG A 0012 airfoil could be
kept attached up to about 18 degrees by increasing
the nose radius. Also, a fully separated flow at high
angles could be made to reattach by rounding the
leading edge. Interestingly, the flow over an airfoil
having a nearly semicircular nose was separated even
at low angles. The research showed that a "window"
of angles of attack and airfoil profiles exists in which
it appears possible to keep the flow attached through
a maneuver. The shape change also modified the mul-
tiple shocks that form over the NAG A 0012 airfoil at
M =; 0.45. Significant effects of shape change were




Cpmin peak suction pressure coefficient
c airfoil chord
f frequency of oscillation, Hz
k reduced frequency = j^
M freestream Mach number
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Re Reynolds number based on chord
s,n distance along and normal to surface
x,y chordwisc and vertical distance
a angle of attack
v kinematic viscosity
fl z-component of vorticity
p fluid density
1. Introduction
It is well known that performance of aircraft and
their components is severely restricted by the occur-
rence of flow separation.Therefore, it will be neces-
sary to control and manage flow separation over air-
foils and wings if sustained high lift conditions are
expected. The problem is even more important in
unsteady flows such as encountered over the retreat-
ing blade of a helicopter rotor, a pitching aircraft wing
or a wing subjected to gust loads. A review of avail-
able literature shows that a popular method for con-
trol of flow separation is use of acoustic excitation1'2.
Ahuja and Burrin1 used high intensity sound to main-
tain attached flow over a NACA 65(1)-213 airfoil for
about 3 degrees beyond the unexcited static stall an-
gle. However, a very high sound level, of about 150
dB, was needed. Zarnan and McKinzie2 manipulated
the laminar separation by acoustic excitation in the
Reynolds number range 2.5 x 104 < Re < 1.0 x 105.
Another method of delaying separation that is com-
monly used is suction and/or blowing. Generally a
very high blowing coefficient is needed for this method
to succeed. However, Seifert et al.3 utilized oscilla-
tory blowing with essentially zero net mass flux and
achieved considerable success in delaying trailing edge
flow separation. It is worth noting here that all such
previous efforts, except oscillatory blowing, are lim-
ited to incompressible speeds.
The task of flow control becomes more compli-
cated in compressible and unsteady flows. It is very
important to first determine the cause of flow sep-
aration in such flows, for the flow can separate due
to different mechanisms at different operating condi-
tions as shown by Chandrasekhara et al4. Their ongo-
ing research4'5 on compressibility effects on dynamic






















































(1) the bursting of a separation bubble (from the
strong adverse pressure gradient downstream of the
suction peak) when the flow everywhere is subsonic,
(2) shock induced separation over the airfoil at
higher freestream Mach numbers,
(3) a competition amongst these two mechanisms
for conditions that are in between.
In addition, both Reynolds number and Mach
number play a significant role in the process. The
extremely rapid flow acceleration around the airfoil
leading edge which is an attribute of the dynamic
stall flow, leads to onset of compressibility effects at
freestream Mach numbers as low as 0.2, causing pre-
mature onset of stall. Thus, if the leading edge flow
acceleration and the subsequent development of the
adverse pressure gradient are reduced, effective flow
control may be achieved. The published literature6'7
on dynamic stall control describes ideas to revitalize
the boundary layer using techniques such as blow-
ing or suction, use of slats and slots, etc. However,
the effectiveness of these techniques in unsteady com-
pressible flows remains to be established.
It is clear that if any unsteady compressible flow
separation control method is to be effective, it has
to address the primary cause of flow separation for
all flow conditions encountered by the airfoil. Thus
the technique will be required to decrease the strong
suction peak values without losing the total lift, de-
crease the steep adverse pressure gradient region (in
the present case by widening the suction region over
the airfoil). The decrease in peak suction levels will
also result in a decrease in compressibility effects and
can even result in the elimination of the shocks that
otherwise form. These factors prompted the devel-
opment of the dynamically deforming leading edge
(DOLE) airfoil, wherein the airfoil leading edge is
deformed to adapt to the instantaneous flow condi-
tions in such a way that the flow remains attached
throughout the range of angles of attack of interest.
As a first test of the concept of use of the deforming
leading edge airfoil for flow control, steady flow sepa-
ration control was attempted. These studies showed
that many different flow regimes can result as a con-
sequence of leading edge shape change. This paper
describes the first results of this effort.
2. Description of the Experiment
A. Dynamically Deforming Airfoil Leading
Edge Design
The dynamically deforming leading edge airfoil
is a 6 in. chord airfoil section made in two parts.
The first 25% is made from a custom cast, carbon-
fiber composite material, built up in several lamina-
tions. Its thickness increases progressively from the
leading edge where it is about 0.002 in. thick, as
shown in Fig. 1. The rear 75% of the airfoil is ma-
chined from solid metal, and the leading edge is at-
tached to the rear section by fasteners. The carbon-
fiber skin is attached to a. mandrel machined to a
NACA 0012 profile by a tang (see Pig. 1) cast along
with the leading edge. The mandrel is mounted in-
side the airfoil leading edge section and is connected
to two a.c. brushless, computer driven servomotors
by a linkage at the quarter-chord-point. This linkage
pushes or pulls the airfoil leading edge to produce
the required shape change. The mechanism has been
designed for controlling two-dimensional compressible
dynamic stall of an oscillating airfoil at Mach num-
bers of up to M = 0.45, and the motors can exert
the necessary force (torque) to drive the mandrel at
rates of up to 20 Hz to deform the airfoil from its
fully extended NACA 0012 shape to a rounded nose
in less than 20 millisec. Thus, even with dwell peri-
ods in between, the mechanism can change the airfoil
leading edge to the required shape and return to the
NACA 0012 shape within one pitch oscillation cycle.
Encoders mounted on the motors provide exact posi-
tion information of the mandrel and thus the leading
edge. The DDLE airfoil is mounted between two D-
shaped windows with L-shaped optical glass inserts,
as is schematically shown in Fig. 2, for tests in the
compressible dynamic stall facility(CDSF) at NASA
Ames Research Center. The details of the facility can
be found in Ref. 8. Fig. 3 shows the leading edge
curvature changes for shapes 0 to 10 obtained using
the present design. The physical displacement of the
airfoil leading edge is about O.OOSin. (x/c a: 0.0005)
for each shape change. In particular, shapes 0, 4, 8
and 10 are shown for which aerodynamic results will
be presented later in the figure. The constraint of
continuous curvature and slope at the mating point
of the DDLE skin and the solid airfoil causes a slight
discontinuity at x/c Ra 0.08 when the airfoil is fully
stretched (shape 0 compared to NACA 0012 shape).
Since this point is considerably downstream of the
major events of dynamic stall flow, the discontinuity
is hot expected to adversely influence the flow being
studied. The surface of the composite skin is cov-
ered with thin plastic tape to remove the effects of
any imperfections that may be present due to the
fabricating process. Bench tests were conducted to
ensure that the deformation is two-dimensional along
the span of the DDLE. This was very important to
ascertain, especially because other methods of pro-
ducing a DDLE yielded a strongly three-dimensional
shape change (Ref. 9) which is not acceptable for 2-D
aerodynamic flow control.
B. Details of the Experiments
These first experiments were carried out in steady
flow to prove the concept that a separated flow could
be made to reattach by dynamically deforming the
leading edge of an airfoil. The Mach number of the
experiments ranged from 0.3 to 0.45 in increments
of 0.05. The angle of attack was varied from 6 to
20 degrees, with emphasis over the range where the
flow was initially separated. The measurement tech-
nique used was point diffraction interferometry(PDI),
which has been described in detail in Ref. 10 and 11.
The control scheme for the brushless motors provides
a way to hold the airfoil leading edge at any desired
position (i.e. curvature) in order to completely docu-
ment the flow using PDI during a sweep over a range
of angles of attack. Alternatively, the airfoil angle
of attack could be set at a fixed value and the lead-
ing edge curvature varied. (The controls also permit
deforming the airfoil while it is oscillating about a
mean angle of attack at specified rates. This latter
option has been exercised in dynamic stall tests to be





















































tained for several airfoil leading edge curvatures and
angles of attack. These were analyzed to determine
whether the flow was separated and also to categorize
the type of stall that occurred over the airfoil in order
to assess the performance of the instantaneous airfoil
shape.
The PDI pictures were then processed to ob-
tain the static pressure distributions over the different
shapes. By fitting a cubic spline to the pressure dis-
tributions, the steady flow surface vorticity flux was




Also, the lift coefficient over the portion of the
airfoil covered in the interferograms (0 < x/c <« 0.2)
was derived to establish the relative performance of
the different airfoil shapes.
C. Uncertainty Estimates











± 0.1 at M = 0.3
± 0.5 at M = 0.3
±0.35 at M = 0.45
±25
The uncertainty in Cp depends on the fringe num-
ber under consideration and is 1 fringe for the flow
in general with about 3 fringes possibly undetectable
near the suction peak at M = 0.3. Since the correc-
tion for solid and wake blockage was less than 5% for
Cp — —6.0 at M = 0.3, no corrections were applied
to the PDI derived pressures. The gradients were ob-
tained by fitting a spline curve to the pressure dis-
tributions and calculating the values at the locations
where the pressure values were recorded. The airfoil
leading edge displacement was estimated by a calibra-
tion procedure for no-flow conditions. Hence, uncer-
tainties are not quoted for the leading edge position
with flow over it.
3. Results and Discussion
A. Qualitative Description of Flow at M = 0.3
Figure 4 presents four interferogram images at M
= 0.3 for an angle of attack of 18 degrees. The first
image is for the fully extended leading edge, shape
0 of the DDLE model. This shape corresponds very
closely to the NACA 0012 shape. Although as can
be seen from Fig. 3, there are some slight differ-
ences between shape 0 and the NACA 0012 shape,
the static stall characteristics and pressure distribu-
tions are similar, excepting in the region of the lam-
inar separation bubble (see Sec. E). Earlier studies5
have shown that the NACA 0012 airfoil experiences
abrupt leading edge stall by 14 degrees. Similarly, for
shape 0, the flow separated from the leading edge at
a = 14 deg, and hence at a — 18 deg, Fig. 4a shows
fringes which have clearly departed from the surface.
As the nose is retracted at this high angle of attack,
the separated flow fully reattaches by shape 9, which
can be seen in Fig. 4b. Attached flow is characterized
in this image by the density contours following the air-
foil nose and turning smoothly parallel to the surface,
like streamlines in attached flows. The leading edge
has been retracted by only 0.027in., but the curvature
change accompanying this movement is sufficient to
cause the flow to reattach. The presence of a large
number of fringes near the leading edge points to the
production of a large suction peak once the flow reat-
taches. In the third image, Fig. 4c, corresponding to
shape 13 and to a leading edge position of 0.0302m.
from the baseline leading edge, the fringes over the
airfoil appear to have flattened out. Accompanying
images at lower angles of attack for this shape show
that a laminar bubble forms (which is on the verge
of bursting in this image.) Also, the fringes on the
downstream side are lifting off the surface, pointing
to the possibility of trailing edge stall that may be
propagating towards the leading edge. But, since the
fringes near the leading edge still follow the "normal"
pattern, the airfoil is still developing suction. The
flow at this condition appears to be experiencing a
mixed-stall behavior with possible trailing edge sep-
aration. The last frame Fig. 4d, shape 17, clearly
shows leading edge stall once again as the shear layer
has separated from the airfoil nose. The airfoil ra-
dius of curvature at this condition is large, showing
that there is only a range of curvature change that is
beneficial.
These images convincingly demonstrate the suc-
cess of using airfoil leading edge deformation for reat-
taching separated flow. Similar pictures were ob-
tained at other angles of attack, but it was found
that the attached flow region widens as the angle de-
creases. At higher Mach numbers, the pictures were
similar, although the range of shapes through which
the DDLE could reattach the flow became smaller
with increasing Mach number, as explained in the
next section.
B. Airfoil Performance at Different Leading
Edge Curvatures
The flow behavior over the airfoil at different an-
gles and leading edge shapes ranging from shape 0 to
shape 18 is summarized in Fig. 5a which is a plot
of the various flow regimes that appeared in the ex-
periments at M = 0.3. This picture has been drawn
from the PDI images in hand, PDI fringe patterns
that were observed, but not imaged while conduct-
ing the experiments and from the aerodynamic sound
that was heard as the flow separated for certain condi-
tions. It is clear that the flow is attached at angles be-
low 8 degrees for all shapes (the shaded area). Static
stall occurred at 14 degrees for the NACA 0012 pro-
file. The stall process started as trailing edge stall
(increased sound levels, but leading edge flow still
attached) accompanied by a general decrease of the
peak suction pressure (as measured by a counting of
the fringes). In about half-a-degree, the flow reached
the leading edge stall state. Essentially the same
trend was observed for shape 0. That trailing edge
stall occurred could be inferred by examining some of





















































begun to lift away from the surface, whereas the in-
side fringes were all regular. No significant changes in
the flow were noticed until the nose was pulled back
to shape 8. For the leading edge position correspond-
ing to shape 8, (the change in the radius of curvature
is estimated to be about 100% higher than the NACA
0012 nose radius) the flow remained attached up to
an angle of attack of 18 degrees.
For all shapes a laminar separation bubble was
present in the attached flow cases, jusl, as was seen
for the NACA 0012 airfoil. A noticeable effect of de-
creasing the nose curvature at post-stall angles of at-
tack was the sudden decrease in the audible tunnel
sound as soon as the flow reattached. For shape 8,
the flow began to separate at a = 19 deg. Thus, the
tunnel flow was quiet over angles of attack from 0
- 18 degrees. However, as the pressure distributions
presented later will show, the suction peak decreased
gradually. Beyond a = 12 deg, the bubble appeared
to open up into an organized structure around x/c =
0.06 - 0.08 for shapes 10 through 14, but the outer
flow was still attached over the airfoil further down-
stream before trailing edge stall started. This flow
regime is termed "mixed flow" in this article. As the
leading edge was retracted further, the flow abruptly
stalled from the leading edge. Interestingly, as a semi-
circular nose shape was approached, the flow began
to experience leading edge stall at much lower angles
of attack when compared to the NACA 0012 profile.
Thus, it appears that a "window" of airfoil shapes
is present at post-stall angle of attack conditions in
which the flow remains attached or can be made to
reattach if it has already separated. Outside this win-
dow, the flow conditions degrade rapidly. A similar
flow regime map has been drawn for M = 0.35 in Fig.
5b and in Fig. 5c for M = 0.45. The major differ-
ence seen is a decrease in angles of attack at which
the above mentioned regimes occur and also a much
narrower window of airfoil shapes where quasi-steady
flow control can be successfully attained with increase
in Mach number. This window provides a new and
extended flight envelope for a wing to maneuver by
constantly pursuing the "right" airfoil shape if its an-
gle of attack is increased beyond the static stall angle.
The flow patterns observed for M = 0.45 in steady
flow show that the baseline profile stalled at about 11
degrees. However, as the nose radius of curvature was
increased, the flow could be made to stay attached
up to a K 12 — 13 deg. But, as the nose became
more rounded, the flow separated from x/c — 0.08
- 0.1. Still, the airfoil continued to develop suction
with increasing angle of attack. However, the sep-
aration propagated upstream and eventually caused
leading edge stall. Another noteworthy point here is
the presence of a series of shocks for most of the. at-
tached flow cases for the angles of attack shown. In
the mixed flow region, a structure as described for
M = 0.3 was not present, the overall flow was still
attached and the suction pressure was large, but the
shocks may have induced mild local separation.
C. Development of Suction Peak for Different
Shapes
Figure 6a presents the development of peak suc-
tion at M = 0.3 for shapes 0, 4, 8, and 10 (progres-
sively increasing nose radius) along with the data for
NACA 0012 shape. It shows that the NACA 0012
profile developed slightly higher suction levels when
compared to shape 0. However, when this figure is
interpreted in conjunction with Fig. 5a for M = 0.3,
it seems that by carefully shaping the airfoil from the
baseline profile to shape 8 for angles of attack from 14
- 18 degrees, the airfoil can be steadily made to pro-
duce significant lift. Even though the suction peak
drops for shape 8, it is believed that the increase in
drag due to the high angle of attack is not signifi-
cant, because the flow is fully attached. The highest
Cpmin value is about -6.5 for shapes 8 and 10 which
is slightly less than that observed for the NACA 0012
profile. Most importantly, the suction produced de-
creases progressively with increasing nose radius at
any given angle up to a = 14 deg and the develop-
ment of a given peak suction level is delayed to higher
angles by the rounding of the nose. This points to the
fact that the flow acceleration is reduced with increas-
ing leading edge radius, offering a reliable means of
reducing the compressibility effects that otherwise set
in this flow.
Data for M = 0.45 presented in Fig. 6b show
that at a given angle of attack, rounding the nose
produces a lower suction at the same angle of attack
up to 10 degrees. Once again, there is not much dif-
ference between the NACA 0012 shape and DDLE
shape 0 values. The fall of the peak suction is more
gradual in case of shape 0, possibly due to trailing
edge stall. The flow is supersonic for all shapes at
the suction peak location. But, since the decreasing
suction peak values cause lower local supersonic ve-
locities as the airfoil nose is rounded, the system of
shocks that forms is weaker with increasing leading
edge radius. It is also interesting to note that at M =
0.45, a narrow range of DDLE shape changes (from
1-4) produces dramatic changes in the flow develop-
ment, unlike that at M = 0.3, where a larger window
(shapes from 1-10) is available. Further, the leading
edge curvature for shape 5 and higher degrades the
flow considerably. Despite the higher suction levels
that are produced at a > 10 deg, it may not be de-
sirable to reach these angles, since the objective is
to minimize the effects of shocks that form at this
Mach number. Nevertheless, about 2 degrees of delay
in stall onset conditions is achieved for M = 0.45 by
using a deforming leading edge airfoil. From such a
parametric study, it would be possible to derive an
"optimal" shape history for each Mach number and
used as the different flight conditions warrant. This
history is still to be determined.
D. Description of Flow Over Shape 8 at M =
0.3
Figures 7 a-c show representative interferograms
at a = 10.0 deg, 13.99 deg and 18.0 deg for shape
8. As is well known, the fringes are contours of con-
stant density and in isentropic flow, also correspond
to constant pressure contours. The surface pressure
distributions from these images and two other angles
are included in Fig. 7d. As the flow accelerates from
the stagnation point on the lower surface in Fig. 7a, a
suction peak develops, which is marked on the upper





















































Two fringes above it, some fringes level off slightly
downstream and meet the surface almost vertically.
This can be seen more clearly in Fig. 7b. Earlier
research10 has shown that this fringe pattern corre-
sponds to a laminar separation bubble, a fact also
borne out by the pressure distributions in Fig. 7d.
Fig. 7c shows the bubble still attached at a — 18 deg
although the outer fringes have begun to lift off the
surface. Since no distinctive sound change was audi-
ble, it is believed that the flow is still attached over
the airfoil. The reduced peak suction level at this
high angle is attributed to the large wake width in
such flow, which increases the viscous/inviscid inter-
action considerably. The bubble in this flow is about
4% chord long compared to about 2% chord long in
the NACA 0012 airfoil flow.
E. Surface Pressure Distributions Over Differ-
ent DDLE Shapes
Figure 8a shows the pressure distributions ob-
tained from the interferograms for the NACA 0012
shape and shape 0; Fig. 8b and 8c show these for
shapes 4 and 10. Although the NACA 0012 profile
is very nearly identical to shape 0, there are some
differences between the corresponding pressure distri-
butions. Whereas most of the differences are almost
within the experimental uncertainty, the Cp values
over the NACA 0012 are slightly more negative than
those for shape 0. A more noticeable difference in
each of the profiles is present in the plateau that cor-
responds to the laminar separation bubble. It appears
that the bubble forms after a much larger pressure
recovery over the shape 0 airfoil. For both shapes,
the bubble shrinks as the airfoil angle of attack in-
creases from 7.98 to 12.03 degrees. However, the bub-
ble is longer in the case of DDLE shape 0 at each of
the angles of attack compared. Typically for shape
0, the bubble shrinks from about 5% chord length
at a = 7.98 deg to about 2% chord at a = 12.03
deg. The corresponding numbers for the NACA 0012
shape range from about 4% chord to 1.5% chord.
The slightly longer bubble would enhance the vis-
cous/inviscid interaction, resulting in slightly reduced
suction pressure over this shape. In view of this dif-
ference, all further comparisons are made between the
various DDLE shapes only.
In Fig. 8b, the Cpmin value for shape 4 increases
as a changes from 10 degrees to 12 degrees, as can be
expected. However, the Cpmin starts decreasing with
further increase in angle of attack, and is very low at
a — 18.0 deg. This trend is consistent with Fig. 5,
where trailing edge stall was shown to be present for
angles of attack above 14 degrees and leading edge
stall at about 16 degrees. As before, a slight decrease
in the laminar separation bubble length is observed
with increase in airfoil angle of attack.
The distributions for shape 10 show that the flow
has already separated at a = 10.0 deg. However,
it reattaches by 12 degrees and suction develops up
to about 14 degrees angle of attack. Subsequently,
as trailing edge separation ensues, the leading edge
maximum suction falls. The laminar separation bub-
ble forms over this shape as well and is seen to be
about 7% chord long at 12.03 degrees angle of at-
tack, shrinking slightly to about 6% chord long at
a = 13.99 deg.
The above results indicate that the bubble length
increases with increasing airfoil leading edge radius,
implying that significant fluid dynamics effects are
also brought about by this change. It is important
to explore the effects of tripping on the flow devel-
opments over these shapes and tests are planned in
the near future for establishing the associated flow
physics.
F. Distributions of Vorticity Fluxes Over Var-
ious Shapes
The vorticity fluxes were calculated from the
static pressure distributions by taking the derivatives
with respect to the distance along the surface. There
is considerable noise in the data due to the numerical
differentiation used. Even then, when large gradients
are involved, the data can quantify the vorticity pro-
duced at the surface. As shown by Shih and Ho13,
since the oncoming flow is irrotational, there exists a
balance between the continuous production of vortic-
ity at the surface and its convection by the boundary
layer fluid. The local production term can be ob-
tained by integrating the gradient „ /\ -between any
two locations s and s + ds. This means that when
there is a region of clockwise vorticity over the airfoil,
there is vorticity production due to pressure gradient
term there, which diffuses outwards. Fig. 9 a-c show
the vorticity flux distributions for shapes 0, 4, 8 and
10.for a = 12.03, 13.99 and 18 deg respectively. The
large value seen in Fig. 9a for shape 0 near the suc-
tion peak location (x/c w 0.018) shows that much of
the vorticity for this shape is produced here. Over the
bubble region, the production is nearly zero since the
gradient is almost zero. (Occasionally, a fringe was
found in the bubble region over the different shapes,
which resulted in a slight gradient here.) Downstream
of the bubble, there is very little vorticity production.
In contrast, shape 4 has modest levels of production
over the first 10% chord of the airfoil. Interestingly,
for shapes 8 and 10, since no suction peak was clearly
discernible, much of the production is seen only down-
stream of the bubble. It is believed that even if a
suction peak could be actually detected close to the
leading edge for shape 8 and 10, this region would be
sufficiently small and hence, its contribution to the to-
tal vorticity production would be small, (see Fig. 9b,
shape 8 data). Dramatic changes are seen in Fig. 9b
for a — 13.99 deg, where the vorticity level for shape
0 has fallen substantially from its peak value seen for
a = 10.00 deg. As explained earlier, shape 0 stalled
at around a =14 deg. For shape 4 also, the level has
fallen, where as for shapes 8 and 10, there is a large
rise at the downstream end of the bubble, spread-
ing out to x/c = 0.08. Data presented in Fig. 9c for
a = 18.00 deg shows zero levels of vorticity for shapes
0 and 4, as can be expected since these airfoils have
fully stalled. However, there is still some vorticity be-
ing produced by shapes 8 and 10, with a well defined
peak in the latter. But, the width of this region has
grown smaller. These figures show that deforming the
leading edge of the airfoil results in a redistribution
of the vorticity flux over the whole airfoil. It seems
that in the process, the pressure distributions were





















































and achieving separation control.
G. Distributions of Lift Coefficients for Differ-
ent Shapes
Figure 10 shows the lift coefficient C\ over the
portion of the airfoil for which PDI pressure data is
available, plotted against angle of attack. About 20%
of the airfoil surface is included in the calculations.
The results are compared with the high Reynolds
number (4.0 x 10s) data of McAlister et al 14 for
the same region. The values are higher at the higher
Reynolds number. But, it is clear from the figure that
progressively more lift was generated by the airfoil as
the nose radius was increased at the Reynolds number
tested. The increase was also considerable. Shape 8
produced about 30% more lift compared to shape 0
for example. Although the lift coefficient drops as the
angle of attack increases beyond 14 degrees, the flow
is still attached as shown by the PDI pictures. Thus,
it can be said that the deforming leading edge airfoil
has successfully been used to control steady separated
flow over the airfoil, and the flow control strategy used
seems appropriate.
4. Conclusions
A novel concept for control of separation using a
deforming leading edge airfoil has been demonstrated
in steady compressible flows. These first results show
that an initially separated flow can be made to reat-
tach by changing the airfoil nose curvature over a
range of values and alleviating the local adverse pres-
sure gradient. Also, attached flow can be maintained
up to about 18 degrees at M — 0.3 by suitably de-
forming the airfoil. Deforming the airfoil leading edge
alters the distribution of the vorticity flux over the
whole airfoil and as a consequence, modifies the air-
foil pressure distributions such that the flow remains
attached up to higher angles of attack. Control seems
possible at M = 0.45 even when shocks locally in-
fluence the flow considerably. The window of air-
foil shapes where flow control is achieved shrinks as
the freestream Mach number is increased. Significant
fluid physics issues arise as the airfoil nose radius is in-
creased. In particular, the laminar separation bubble
size and its effects on the flow are affected at M = 0.3.
At M — 0.45, the system of shocks is also affected.
More tests to document the influence of Reynolds
number, Mach number, degree of unsteadiness, etc.
are needed to devise an optimal shape history for such
airfoils to sustain attached flow over a range of flow
conditions. As the airfoil shape is changed in real-
time, significant effects of unsteadiness could develop
due to the surface movement involved in the process.
The effects of this on the flow vorticity field are yet to
be determined, for the different applications in which
the DDLE concept may be used.
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a-b: 0.075" (2 ply)
b-c: 0.225" (5 ply)
c-d: 0.242" (9 ply)
d-e: 0.58" (25 ply)
e-f: 0.3" (9 ply)
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Fig. 3. DOLE Shape Profiles Compared with the NACA 0012 Profile.
(C)
Fig. 4. Flow Modification with Changing Leading Edge Shape, M = 0.3, a = 18.00 deg: (a) Shape 0;
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Fig. 5. Flow Regimes for Different Leading-Edge
Shapes as a Function of Angle-of-Attack:
(a) M = 0.3; (b) M = 0.35; (c) M = 0.45.
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Fig. 6. Development of Peak Suction Pressure
Coefficient for Different Leading-Edge Shapes:
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Fig. 7. Flow Development Over Shape 8 Airfoil, M = 0.3: (a) a = 10.00°; (b) a = 13.99°; (c) a = 18.00°;
(d) Surface Pressure Distributions.
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Fig. 8. Surface Pressure Distributions, M = 0.3:
(c) Shape 10; (concluded).
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Fig. 9. Vorticity Flux Distributions for DOLE
Shapes 0,4, 8, and 10, M = 0.3: (a) a = 12.03°;
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Fig. 10. Development of Sectional Lift Coefficient,
M = 0.3.
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